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INVESTIGATION OF AN UmDERSuMG W - C O U E  lXLE?I' WITE COMPRESSION 

SURFACE MXJWTED OUT'J3MRD =OM FUSELAa AT 

MACH NUMBERS OF 1.5, 1.8, AND 2.0 

By Richard A. Yeager and  Laurence W. Gertsma 

An investigation was conducted t o  determine  the  performance  of  an 
underslung  half-cone  inlet mounted on a missile  forebody model with the 
compression surface  outboard from the fuselage.  The i n l e t  w a s  designed 
for  shock-on-lip  operation at Mwh nuniber 2.0 w i t h  a 250 half-angle sgike. 
The cowling was at tached  to  the fuselage  through the boundmy-layer plow 
and  served as p a r t  of the fuselage  boundary-layer diverter system. 

The performance  of the half-cone  inlet  was compared w i t h  that of a 
scoop-type m e t  (ref. 1) and a normal-wedge i n l e t  (ref. 2) on a maximum- 
thrust-minus-drag basis. The. increase  in  pressure  recovery  obtained with 
the  half-cone  inlet  over that obtained w i t h  the reference   in le t s   o f fse t  
the s l i g h t l y  higher drags observed  over the Mach  number range  for the 
half-cone s o  that the performance  of this configuration was equa l   t o  that 
of the o t h e r   i n l e t s ' a t  &ch number 2.0 and was s l igh t ly   supe r io r   a t  the 
lower Mach numbers. For a particular  configuration, a peak  pressure 
recovery  of 0.879 w-as obtained a t  Mach number 2.0, zero angle of a t tack,  
and  4-percent  throat bleed; the s u b c r i t i c a l   s t a b f l i t y  was  16 percent. Uee 
of a fuselage-mounted  boundary-layer splitter p l a t e  ahead  of the i n l e t  
did  not improve the s t a b i l i t y .  Subcri t ical  distortion  values were  below 
LO percent  for a l l  configurations. 

I n  comparison with  conventional side i n l e t s  that have comgression 
surfaces  contiguous w i t h  the  fuselage, inlets having  compression  surfaces 
outboard from the  fuselage  tend  to  provide less cowl drag  surface and 
conceivably  lower  diffuser-exit air dis tor t ion,   s ince  these  inlets   avoid 
turning the flow f i rs t  away from the fuselage  and  then  back  into  the  engine 
compressor.  References 1 t o  3 report   s tudies   of   inlets  w i t h  outboard 
compression  surfaces where the compression was essent ia l ly  two-dimensional. 
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The i n l e t s  were studled as bottom I n l e t s  on a model of  a missile forebody. 
As an  extension of these studies,  a half-cone  inlet  providing three- * 
dimensional  supersonic  comgresslon has been investigated on the sa= fore-  
body model. Thie i n l e t  was designed  for  shock-on-lip  operation at Mach 
number 2 .O with a fixed spike of 250 half-angle. W cowling was a t tached  
t o  the fuselage through the boundary-layer plow and thus  -acted as a part 
of the  fuselage  boundary-layer  diverter  system i n   a n  attetqt t o  reduce - 
the sum of the cowl pressure  drag  and the drag  associated with boundary- 
layer removal. 

5 
The investigation  included a study of the effects of  throat bleed, I% 

seve ra l   i n l e t  approaches, a fuselage  boundary-layer splitter p l a t e  ahead 
of t h e   I n l e t ,  and a cone f loo r  plate over a range of  angles  of  attack 
from -5O t o  150 a t  free-stream mch numbers of 1.5, 1.8, and 2.0 i n  the 
Lewis 8- by 6-foot  supersonic wind tunnel. In addition,  an  over-all  
thrust-minus-drag  comparison  between the present  three-dimensional half- 
cone i n l e t  and the Inlets   reported  in   references 1 and 2 was =de. 
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SYMBOLS 

area, sq f t  

inlet  capture area, O . E O 6  sq ft 

reference area (body maximum cross-sectional area), 0.915 

.( 

- 
sq f t  

drag  coefficient  based 0 ~ 1 -  -Aref 

full-scale  forehody  drag,  lb . 

fu l l - sca le  bypass  .drag, l b  

net  t h r u s t ,  lb 

ideal net thrust (100-percent  pressure recovery), l b  ' 

net-thrust-minus-drag r a t i o  

minimum distance between cowl l i p  and fuselage 

Mach number - 
r a t i o  of tua~s flow at model s t a t i o n  97.6 t o  mas8 flow at  

free-stream conditions  through  inlet  capture -ea A i n  
I 

L 
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P to ta l   p ressure ,  lb/sq f t  

6 boundary-layer  thickness 

Subscripts : 

av  average 

max maximum 

min minimum 

0 free stream 

3 compressor-face  station, model s t a t i o n  97.6 

Model Details 

3 

The missile forebody model was sting-mounted i n  the Lewis  8- by 6- 
foot  supersonic wind tunnel  and is shown schematically i n  figure 1. Two 
di f fe ren t  f la t  approaches t o  the i n l e t  were investigated, one yielding 
an h/S of 2.0 and the other  an h/6 of 1.4 at Mach  nulTiber 2.0. The 
h/S of 2.0 configuration was used to   f ao la t e  the i n l e t  from fuselage 
e f f ec t s  as much as possible i n  order   to   ob ta in   the   bas ic   in le t  performance 
and was not  intended  to  be a pract ical   configurat ion.  

The i n l e t  was designed  for  shock-on-lip  qperation a t  Mach rimer 2.0 
w i t h  a fixed  half-cone  spike of 250 mounted outboard f r o m  the fuselage, 
as shown schematical ly   in   f igure 1. Photographs of the   in le t   appear   in  
f igure  2. The cowling was at tached  to  the fuselage  through the boundary- 
layer  plow and t h u s  acted as a p a r t  of' the fuselage  boundary-layer  diverter 
system. A f l u s h  s l o t  was loca ted   in  the half-cone  surface  Just  inside 
the cowl t o   r e w v e  the compression-surface  boundary  layer.  This  boundary- 
layer air was ' bled through a chamber and s p i l l e d  back i n t o  the f r e e  stream 
by means of a variable  bypass  door, the details of  which are s h m  i n  
f igures  1 and  Z(c) . Figure 1 a l so  shows duct  cross  sections f r o m  the cowl 
l i p   t o  the compressor hub-t ip   s ta t ion.  

In  an  attempt  to  reduce the ef fec t s  of the   in te rac t ion  of t h e   i n l e t  
normal  shock with the  fuselage boundary layer  during subcri t ical   operat ion 
and thus  irsprove the   subc r i t i ca l   s t ab i l i t y  range of the i n l e t  system, a 
fuselage  boundary-layer s p l i t t e r   p l a t e  (figs. 2(a) and (c))  was s t r u t -  
mounted t o  the fuselage just upstream of the cowl l i p  f o r   p a r t  of the 

was employed i n  an attempt  to  decrease the amount of supe rc r i t l ca l  
investigation. Also, fo r   pa r t  of the test, a cone f l o o r   p b t e   ( f i g .  2(b)) 
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sp i l lage .  The f a i r i n g  of the i n l e t   l i n e s  a f t  from the cowl l i p  into the 
fuselage  (fig.   2(c)) was not  necessarily optimum wtth respec t   to  drag, 
since the i n l e t  was adapted  to an already  existing  forebody.  Subsonic 
diffuser  area var la t ions are sham i n  figure 3. 

Instrumentation ana Data Reduction 

Eight  equally  spaced  total-pressure rakes were located at the tP 
compressor-face s t a t ion .  Each rake consisted of f i v e  area-weighted t o t a l -  
pressure  tubes.   Static-pressure  orifices were located on the duct wall 
and centerbody at the ends  of  each rake. Pressure  recovery and flow d is -  
t o r t i o n  w e r e  based on the average  of the area-weighted  total-pressure 
tubes. Mass flow waa controlled by varying a . p l u g  a t  the  duct exit.  J u s t  
upstream of  the duct exit, e ight  static-pressure o r i f i ce s  were located, 
four i n  the duct  outer wall and four i n  the centerbody. Mass-flow calcu- 
l a t ions  were-made by using the average s ta t ic   pressure  obtained f r o m  these 
or i f ices ,   wi th  the assuqptton of a choked geometrical minimum area deter- 
mined a t  the duct exit by plug  posi t ion.  

4 
tP 
e\, 

Axial and normal forces  were  measured by a combination of an   in te r -  
na l ly  mounted strain-gage  balance  system  located forward i n  the model and 
a rear normal-force link located at the aft bulkhead.  Forcee measured by 
the balance  system were  the combined internal  duct  forces,  external 
fuselage  forces,  and base forces.  The drag  presented is the streamwise 
couponent o f t h e  measured forces  excluding  the base force and the change 
in momentum of the in t e rna l  flow from free stream t o  the duct exit .  

The test was conducted  over a range of angles of a t t ack  from -5' t o  
15O at free-stream Mach numbers of 1.5, 1.8, and 2.0. 

Effect of Throat Bleed on I n l e t  Performance 

By varying the bypass  door posit ion,  the amount of bleed  through  the 
f l u s h  s l o t  in the half-cone surface was varied. In  subsequent  discussion 
the- designation of the amount of bleed r e f e r s   t o  the bleed msss flow a t  
c r l t i ca l   ope ra t ion  a t  Mach number 2.0 and is expressed in percent of the 
free-stream reference mass flow %. Increasing the amount of bleed had 
only a small effect on pressure  recovery, as can be seen i n  f igure  4. 
Four-percent  throat  bleed  increased the peak pressure  recovery from 0.885 
(no-bleed c a s e ) . t o  0.895 a t  Mach  number 2.0. Increasing  the  throat  bleed 
fur ther  had. no effect on pressure recovery,  but gains i n   s u b c r i t i c a l  
stability were obtained.  There was l i t t l e  e f f ec t  on dis tor t ion  with 
bleed; no d i s to r t ion  va lues  ex is ted  above 9 percent i n  the   subcr l t ica l  
etable  range. TJpon close  examination a very slight decrease  in drag 
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appears  to  exist  by opening the bypass  door; this is probably due to   t he  

posi t ion of the bleed door that yielded  4-percent  throat  bleed a t  Mach 
number 2.0 and  zero  angle of a t tack  w a s  held constant  throughout  the 
remainder of the test. 

- more favorable body f a i r ing   r e su l t i ng  when the bypass  door was open. The 

Effect  of Angle of Attack on I n l e t  Performance 

Presented  in   f igure 5 a re   t he   e f f ec t s  of angle of attack on i n l e t  
performance. The peak pressure  recovery  increased with increasing  angle 
of a t t ack  over the Mach nuuiber range investigated,  while a t  negative 
angles of a t t ack  the recovery was less. Increasing  angle of a t t ack  caused 
increased   d i s tor t ions   a t  Mach number 2.0, while at Mach nuuiber 1.8 l i t t l e  
e f f ec t  was observed. A t  Mach n u d e r  1.5, lower d i s to r t ion  values  were 
obtained w i t h  increased  angle of a t tack.  The drag  decreased w i t h  in- 
creasing angle of a t tack  up t o  So over the Mach  number range. Above 5' 
the  drag  increased  rapidly. It should  be  noted that the drag  values 
presented   in  figure 5 a re  somewhat high, since  they were obtained wfth 
the h/S of 2.0 configuration, where the fuselage  boundary-layer diverter 
system WRS handling  an amount of air in  excess of that required to yie ld  
good i n l e t  performance; however, the   e f fec ts  of angle of attack were the 
same w i t h  both  configurations. 

Effect  of Inlet Approaches 

The e f f ec t  of i n l e t  approach on i n l e t  performance is sham i n   f i g u r e  
6 .  The two configurations  investigated  are designated by the h/S of 
each  determined a t  Mach  number 2.0. There w a s  a sl ight increase  in   peak 
pressure recovery when the h/6  of 2.0 configuration was employed instead 
of the h/6 of 1.4, b u t  this increase was only 1 percent at Wch number 
2.0 and somewhat less at the other Mach numbers. There was l i t t l e  e f f ec t  
on d i s to r t ion  over the Mach  number range; thus  it appears that the   e f fec ts  
of   interact ion of the i n l e t  normal shock with fuselage boundary layer   for  
a more p r a c t i c a l  h/6  of 1.4 w e r e  small. The reduction i n  drag obtained 
by etuploying the h/6 of  1.4 configuration m s  direct ly   associated w i t h  
the smaller amount of air handled by the fuselage  boundary-layer  diverter 
system. 

Effect of Fuselage Boundary-Layer S p l i t t e r   P l a t e  Ahead of 

I n l e t  and Effect of Cone Floor Pla t e  

In  an  attempt  to  reduce the e f f ec t s  of in te rac t ion  of the i n l e t  normal 
shock with the fuselage boundary layer  and t o  improve the   subcr i t ica l  
s t a b i l i t y  range, a fuselage  boundary-layer s p l i t t e r   p l a t e  was mounted 
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ahead of t h e   i n l e t .  As shown i n   f i g u r e  7, no improvement i n  aubcr i t ica l  
s t a b i l i t y  range was obtained  by employing the splitter plate; and the 
d is tor t ion  was sl ight ly   increased,   especial ly  a t  Kwh number 1.5. No ef-  
f e c t  on  drag w&s observed  with  the  plate i n  posi t ion.  

I n  an attempt to  decrease the supercr i t ica l   sp i l lage ,  a cone f loo r  
p l a t e  was used f o r  part of the test. The effects of the cone f l o o r   p l a t e  
are shown i n   f i g u r e  8. Although data are s h m  only for  Mach number 2.0, 
similar trends were observed at the  lower Mach numbers. E r n a l l  incresses 
i n  peak  pressure  recovery were obtained w-ith l i t t l e  e f f e c t  on dis tor t ion.  
A t  zero angle of  at tack, the drag was slightly higher with the cone f loor  
p l a t e  employed. 

Thrust-Minus-Drag Analysis 

I n  order t o  compare the scoop-type i n l e t  of  reference 1 and the 
normal-wedge i n l e t  of reference 2 with the present  half-cone  inlet  011 the  
basis  of a single  performance parameter, a net-thrust  ratio includfng a 

Fn - D. .- Db 
Fn.i 

bypass b a g  a s  determined. These net-thruetrcouzputatione 

were made by assuming that a typical   turbojet   engine w a 8  matched t o  R 
f ixed-s ize   in le t  with a sonic bypass discharging air  p a r a l l e l  t o  the   f ree  
stream. The largest   value of this parameter f o r  each i n l e t  a t  each Edach 
number at 5O angle  of  attack is g lo t ted  in f igure 9.  The half-cone in l e t  
with no throat bleed yielded  performance e q u a l  t o  the reference  iniets  at 
the  higher Wch numbers and s l i g h t l y  better a t  the lover M,ch numbers. 
T h i s  performance  level. was  obtained because -6T the higher  pressure  recov- 
eries  obtained with the half-cone  Inlet   offset t ing  the  s l ight ly   higher  
drags  observed oyez .the M w h  umber range. These drags  possibly  could be 
reduced by a more favorable fairing of the i n l e t   l i n e s  af t  in to  the fuse -  
lage;  the  present  fairing was not optimum from a drag consideration  since 
the  present   inlet  was adapted t o  an existing  forebody. Because of fur ther  
increases i n  pressure  recovery,  the  half-cone inlet  with-4-percent  throat 
bleed yielded better performance than either the no-bleed  configuration 
or the reference inlets over the Mach nuder   range.  It should  be noted 
that the reference  inlets  had no throat-bleed  arrangements. 

An underslung  half-cone i n l e t  configuration  with  th&courpression 
surface oul;'uoard from the  fuselage was investigated on a miseile  forebody 
model. The inlet wa6 designed for  shock-on-lip  operation at Mach  number 
2.0 with a fixed spike of 250 half-angle. The cowling was at tached  to  
the fuselage  through the boundary-layer .plow and. thus  acted as a p a r t  
of the fuselage  boundary-layer  dLverter  system. The results obtalned were 
compared w i t h  a pre.viausly tested scoop-type i n l e t  and a normal-wedge 
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i n l e t  on a maximum-thrust-minus-drag basis. The invest igat ion was con- 

Mach numbers of 1.5, 1.8, and 2.0. The fol lowing  resul ts  were observed: 
* ducted  over a range  of angles of attack from -5' t o  E o  a t  free-stream 

1. The increase  in  pressure  recovery  obtained w i t h  the half-cone 
inlet over that obtained w i t h  the scoop-type  and normal-wedge i n l e t s   o f f -  
set the s l i g h t l y  higher drags  observed over the Bkch  number range for  the 
half-cone so that, on a thrust-minus-drag basis ,  this i n l e t  gave  perform- 
ance  equal t o  the o the r   i n l e t s  a t  a Mach  number of 2.0 and  s l ight ly   superi-  
o r  a t  the  lower B c h  numbers. 

2. Peak  pressure  recovery of 0.879 was obtained for a par t icu lar  con- 
f igura t ion  a t  Mach number 2.0, zero  angle of  attack, and  $-percent  throat 
bleed.  For these conditions, a cr i t ical  drag  coeff ic ient  of 0.155 was 
obtained. 

3. A t  Mach  number 2.0 and zero  angle of attack, the s u b c r i t i c a l  
s t a b i l i t y  was  16 percent. U s e  of a fuselage-mounted  boundary-layer split- 
ter p l a t e  ahead of the inlet did not improve the s t a b i l i t y .  

4. Subcr i t ica l   d i s tor t ion   va lues  were below LO percent   for  a l l  
configurations , 
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( c )  Inlet showing fuselage boundary-layer splitter plate and 
throat-slot bypass aOar open. 

Figure 2. - Inlet model. - 
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Figure 4. - Effect of throat bleed an inlet perforrmMce. Mach 
number, 2.0; angle of attack, Oo; h/8, 2.0; with cone f l o o r  
plate. 
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Figure  5. - E f f e c t  of angle of attack on I n l e t  gerformanae. Throat bleed, 
4 peraent; h/6,  2.0. 
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pisure 8. - Effect on inlet performance of adding 
a cone floor plate. Throat bleed, 4 percent; 
h/6, 1.4; angle of attack, e; Mach mer, 2.0. 
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Figure 9. - Performance conprison of hEL”cone I n l e t  with 
scoop-type and normal-wedge inlets. Angle of attack, 5O. 
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